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Summary

This report documents the results of a computational study conducted to compute the inviscid longitudinal

aerodynamic characteristics of the Orbital Sciences X-34 vehicle over a Mach number range of 1.25 to 6.0. The

unstructured grid software FELISA was used and the aerodynamic characteristics were computed for Mach

numbers of 1.25, 1.6, 2.5, 4.0, 4.63, and 6.0, over an angle of attack range of -4 to 32 degrees. These results

were compared with available aerodynamic data from wind tunnel tests on X-34 models. The comparison

showed very good agreement in normal force coefficients over the entire Mach number and angle of attack

ranges. The computed pitching moment coefficients compared well at Mach numbers 2.5 and above, and at

angles of attack of up to 12 deg. The agreement was not good at higher angles of attack possibly due to

viscous effects. At lower Mach numbers (1.6 and 1.25) there were significant differences between computed

and measured pitching moment coefficient values; this is also attributed to viscous effects. Since the present

computations are inviscid, the computed axial force coefficients were consistently lower than the measured

values as expected.

Nomenclature

CA
CN

Cm

c,

P_

qc¢

Sr_f

X, y, Z

Oz

,y

Axial force coefficient

Normal force coefficient

Pitching moment coefficient about the point ( 0.877, 0, -14.0 )

(p - p_c ) / q_ , Pressure coefficient

Reference length for pitching moment ( =5.8167 in.)
Freestream Mach number

Freestream static pressure

7P_ M_¢/2, Freestream dynamic pressure

Reference area ( =27.2 sq. in. )

Cartesian co-ordinates of a given point; (The origin is at the nose, with the x-axis

in the vertical direction, the y-axis in tile spanwise direction, and the z-axis in the

axial direction pointing into the stream.)

Angle of attack, deg.

Ratio of specific heats

Introduction

In a study aimed at providing new space-transportation systems to replace the aging space shuttle, NASA had

recommended [1] the development of fully reusable, single-stage-to-orbit concepts. The major requirements

for such space transportation systems are low-cost and reliable operations. The X-34 is an industry led

program jointly funded by the industry and the Government to develop cheaper and reliable single-stage-to-

orbit technology. The X-34 is a Reusable Launch Vehicle (RLV) designed to insert relatively small (1000 -

2000lb.) payloads into earth orbit.
The unmanned rocket powered X-34 RLV would be air launched from a Lockheed L-1011 aircraft at

a Mach number of 0.7. After the separation, the liquid rocket motor would fire, and the vehicle would

accelerate to sub-orbital speed and reach an altitude of approximately 300,000 ft. At this point the payload



with attachedupperstagemotorwouldseparateformtheRLV.Next,theupperstagemotorwouldfire,
sendingthe payloadinto therequiredorbit. After releasingtheupperstage,theX-34reusablevehicle
woulddecelerate,descend,andeventuallylandona conventionalrunway.In this industry/Government
partnershipventure,OrbitalScienceCorporationisresponsiblefordesigning,building,andflighttestingthe
X-34vehicle.Duringthedesignprocess,theAerothermodynamicsBranch(AB),NASALangleyResearch
Centerprovidedmuchof thewindtunneltestingfor theX-34vehicleto determinetheaerodynamicloads
andaero-heatingat theflight conditions.In addition,AB alsoprovidedvaluableCFDpredictionsof the
aerodynamicandthermalloadsonttleX-34vehicle.

Unstructuredgrid technologyis knownto providequickandreliableCFDsolutionsto complexflow
problemsparticularlyforhypersonicflows.Amongthewidelyusedunstructuredgridsoftwarepackagesare
theFELISA[2]andthe TetrUSS[3]systems.In theAerothermodynamicsBranch,FELISAinviscidflow
solvershavebeenusedextensivelyfor thepredictionof flowovercomplexvehicles.Theseflowsolvers,like
anyotherinviscidftowsolvers,haveobviouslimitations;becauseof theabsenceof aboundarylayerthereis
noskinfrictionandnoflowseparationeffects.However,theinviscidflowsolversgenerallyyieldgoodnormal
forceandpitchingmomentresultsupto apointwheretheeffectsofflowseparationarenotsignificant.

Thispaperpresentstheresultsof an inviscidcomputationalstudyfor theX-34vehicleusingtheun-
structuredgridsoftwareFELISA.A Machnumberrangeof 1.66.0andanangle of attack range of -4 32 is

covered in the present study. The results are compared with the experimental data measured in wind tunnel

tests conducted on X-34 models in the NASA Langley wind tunnels.

The FELISA Software

All the computations of the present study were done using the unstructured grid software FELISA. This

software package has proved to be a powerful tool for fast inviscid flow computations. It consists of a set

of computer codes for the generation of unstructured grids of t etrahedral elements and the simulation of

three-dimensional steady inviscid flows using these grids. Surface triangulation and discretization of the

computational domain using tetrahedral elements are done by two separate codes. There are two flow

solvers--one applicable for transonic flows and the other for hypersonic flows with an option for perfect gas
air, equilibrium air, and CF4 gases. Both tile solvers were used in the present study. Only the perfect gas

option with the specific heat ratio "y=l.4 was used. Post-processors like the aerodynamic analysis routine

used in the study, are part of the FELISA software package. More information on FELISA may be found in

reference [2].

Geometry

A 1/30th scale wind tunnel model of the X-34 was tested extensively over a Mach number of 0.4-4.63 in

the wind tunnels at NASA Langley Research Center. This model has all the major components of the X-34

vehicle, namely, the body, the wing, the rudder, and the bodyflap. However, the engine bell was absent

on the model; instead, there was a sting for the model support. This configuration was reproduced in the

computational model. A sketch of the X-34 vehicle is shown in Fig. 1. Since the configuration has a plane

of symmetry, only one half of the model was simulated in the computational study. The length of the model
fl'om its nose to the base is 21.56 inches and tile wing semi-span is 5.548 inches. The sting used to mount the

model (not shown in the figure) in the wind tunnel test section has a diameter of 1.15 inches. Preliminary

computations had indicated that tile gaps between the two elevons and the inboard elevon and the body
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Figure 1: A sketch of the X-34 model.

significantly affected the flow over the upper surface of the elevons. Hence, these gaps were simulated in the

computational model. The reference quantities used to normalize the aerodynamic loads are as follows:

Reference area, _ref: 57.2 sq.in.

Reference length for pitching moment,/,,_f: 5.8167 in.

The pitching moment reference point is at 14.0 inches behind the nose and 0.877 inch above z-axis (the

longitudinal axis passing through tile nose).

In addition to the 1/30th scale model, two other models of the X-34 were also tested. These are a 1/10-

scale model tested (at Mach 0.3) in the NASA Langley 14x22-foot Subsonic Tunnel, and a 0.018 scale model
tested in the NASA Langley 20-Inch Mach 6 tunnel.

Computers Used

The surface and volume grid generation, pre-processing of the grids, and post-processing of the solutions were

done on an SGI Onyx computer located at the Aerothermodynamics Branch (AB), NASA Langley Research

Center. After the necessary FELISA data files were assembled, each surface grid generation required about

30 minutes, and each volume grid generation required 4 to 5 CPU hours on the AB Onyx. Tile flow solutions

were computed on SGI Origin 2000 series parallel computers each having 64 processors and 16G of memory.

Each computation of the flow solution required 32 to 40 CPU hours on these parallel machines.



(a) Side view (b) Front view

Figure 2: Computational domain for Mach 1.25 and 1.6.

Grids

The geometrical information of the X-34 model was received in the form of an IGES file. This was processed

using the software GridTool [4], and a set of FELISA data files was generated. These data files were used to

generate all tile gridsused in the present, study. "

Four grids were used in tile present stud)'. Tile computational domains for these grids were chosen to be

sufficiently large and away from ttle body so that except for the exit plane, all the boundary surfaces were
in the freestream flow.

A single grid was used for the computations at Mach 1.25 and 1.60. The computational domain used for

this grid is shown in Fig. 2. The model surface triangulation for this is shown in Fig. 3. The support sting

is present in the CFD model, but is not shown in this figure:. The unstructuredtctra.hedral grid (designated

grid 1) for this ease has 1,058,983 points. The minimum grid spacing was 0.0043 in. near the nose. The grid

spacing near the wing leading edge varied from 0.012in. at the tip 0.02 in. at the root.
A second grid was built for Mach number 2.5--6.0 computations. The computational domain chosen for

this grid is shown in Fig. 4, and the surface triangulation is shown in Figure 5. This grid (designated grid

2) has 1,042,427 points, and a grid spacing of 0.063 in. over the wing upper surface.
Preliminary studies using grid 2 at Mach 2.5 indicated that there were complex flow features over the

wing upper surface particularly at angles of attack greater than 8 deg. In order to better resolve these flow
features, it was decided to refine the grid over the wing, and a third grid was built. This grid (designated

grid 3) has the spacing over the wing reduced to 0.033 in. The spacing in other regions of the grid were

unaltered. This grid has 1,262,391 points.
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No.ofsurfacepoints:68,863
No.oftriangles: 139,761

Figure3: SurfacetriangulationgridusedforMach1.25and1.6.

Thesecondandthethirdgridsweredesignedfor computationsat moderatepositiveanglesof attack.
Computationsusingthisgridat -4deg.angleofattackindicatedthat thisgridmaynotbesuitablefor the
-4deg.angleof attackcase.Thereforeafourthgridwasbuilt forMach4.63computations at -4 deg. angle
of attack.

Flow Solution

The grids were partitioned so that tile problem could be run on eight processors on a parallel computer.

The FELISA transonic as well as the hypersonic flow solvers were used for the flow computations. Each

solution was started with the low-order option, and after a few hundred iterations, tile higher-order option

was turned on, and the solution was run to convergence. After every 50 iteration, the surface pressures were

integrated, and the aerodynamic loads, namely the normal and the axial forces, and the pitching moment

acting on the model were computed. The flow solution was assumed to be converged when these integrated

loads remained essentially constant. Each solution required 32-40 hours of CPU time, i.e., 4-5 wall clock

hours. The computed flow solutions were post-processed to obtain the _rodynamic loads. These loads

obtained by integrating tile surface pressures were non-dimensionalized in the conventional manner, and the
aerodynamic coefficients namely, CN, CA, and Cm were obtained.
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Figure 4: Computational domain for Mach 4.63.



No. of surface points: 94,814
No. of triangles: 191,197

Figure 5: Surface triangulation grid used for Mach 4.63.

Results and Discussion

"The computations were done for Mach 1.25, 1.6, 2.5, 4.0, 4.63, and 6.0, over an angle of attack range of

-4 to 32 deg. as shown in Table 1. The results of the present computations (CN, CA, and Cm) arc listed

in Tables 2 to 5 and shown plotted in Figures 7 to 13. Available wind tunnel test results are also shown

plotted in these figures.

It should be recalled at this point that the present computations are inviscid; hence the boundary layer
and skin friction are absent. Absence of the skin friction leads to lower axial forces. The values of CA

are listed in the tables only for the sake of completeness. The computed CA values would differ from the
wind tunnel measured values significantly. Since the boundary layer is absent, the effects of boundary layer

separation on the aerodynamic loads are not simulated. At high angles of attack there would be large
separated flow regions over the wing upper surface. Further, at transonic speeds in particular, because of

the absence of boundary layer in the computations, the shock locations on the computational model would

differ from the shock locations on the wind tunnel model. These factors would lead to sigalifieant differences

in the computed (inviscid) values of aerodynamic coefficients and the wind tunnel measured values.

As noted earlier, three X-34 wind tunnel models were tested extensively in several wind tunnels at NASA

Langley Research Center. The tunnels are 14x22-Foot Subsonic Tunnel (1/10-scale model, Maeh 0.3), 16-ft

Transonic Tunnel (1/30-scale model, Mach 0.4-1.25), the Unitary Plan Wind Tunnel (1/30-scale model, test

sections 1 for Math 1.6-2.5 and test section 2 for Mach 2.5-4.63), and the 20-Inch Mach 6 Tunnel (0.018-scale

model, Mach 6). A Mach number range of 0.3 to 6.0 and an angle of attack range of -4 to +32 deg. were
covered during these tests. In some cases multiple runs were made for a given Mach number and angle of

attack range. All these results were processed, and mean liues were drawn through the data points for each



Mach No. a range Gas Model Flow Solver

(deg.)

1.25 -4, 2, 8, 16, & 24 P.G. Air Transonic

1.60 2, 8, 16, & 24 P.G. Air Transonic

1.60 -4, 2, 8, 16, & 24 P.G. Air Hypersonic

2.50 -4, 0, 2, 8, 16, 24, & 32 P.G. Air Hypersonic

4.00 -4, 2, 8, 16, 24, & 32 P.G_ Air Hypersonic

4.63 -4, 2, 8, 16, 24, & 32 P.G. Air Hypersonic

6.00 -4, 2, 8, 16, 24, & 32 P.G. Air Hypersonic

Table 1: Mach number and angle of attack range covered in tile present study.

Mach number. This data was available for comparison with the computational results. In the comparison

plots in this report, wind tunnel data are shown as lines and computed results as discrete points.

Mach 1.25 and 1.6

The results of computations for Mach 1.25 and 1.6 are listed in Tables 2 and 3, respectively. It may be

noticed that for Mach 1.6 tile computations were done using the transonic as well as the hypersonic flow

solvers. As noted earlier, the FELISA software has two flow solvers one applicable for transonic flows and
the other applicable for hypersonic flows. It is expected that over the Math number range 1.5 2.0 the tWo

soh,ers would yield the same results. In order to confirm this, two sets of results were computed for Mach
1.6 -one using the transonic solver, and the other using the hypersonic solver. The wing upper surface Cp

contours obtained from solutions using the transonic: flow solver and the hypersonic flow solvers are shown in

Fig. 6. It may be noticed from these plots that they are very similar. The computed aerodynamic data for

these two cases are shown in Table 3. It may be noted that the two solvers yield results that are essentially
the same. The maximum difference in the value of CN is 0.0055, and the maximum difference in the values

of C,, is 0.0017 both occurring at 24 deg. angle of attack.

Figure 7 shows a comparison of the computed CN and wind tunnel data plotted versus angle of attack
for Mach mimbers 1.25 and 1.6. Computed values for Mach 1.6 include those obtained using the transonic

flow solver as well as the hypersonic flow solver. The computed data points for transonic and hypersonic

flow solvers lie on top of each other. Further, it may be observed from this figure that the computed CN

values compare well with the experimental data. Figure 8 shows a comparison of the computed C,, and wind

tunnel - data _plotted ,(ersus angle of attack for Mach numbers 1.25 and 1.6. Here again the computed data
points obtained using transonic and hypersonic flow solvers for Mach i.6 lie on top of each other. However,

the computed C,n values fall consistently below the experimental data and that the difference between the

wind tunnel data and the computational result increase as the angle of attack is increased. As noted earlier,

absence of boundary layer, particularly over the wing upper surface, would lead to differences in the shock

locations at transonic and low supersonic speeds. This would results in differences between computed results
and Wind tunnel data.



Mach No. _ CN CA Crn Grid Flow Solver

(deg.)

1.25 -4 -0.1197 0.0842 -0.0924 Grid 1 Transonic

1.25 2 0.2144 0.0794 -0.1469 Grid 1 Transonic

1.25 8 0.5579 0.0696 -0.2075 Grid 1 Transonic

1.25 16 1.0054 0.0459 -0.2417 Grid 1 Transonic

1.25 24 1.4201 0.0283 -0.2156 Grid 1 Transonic

Table 2: Computed CN, CA, and Cm for X-34 for Mach 1.25

Mach No. a CN CA Cm Grid Flow Solver

(deg.)

1.60 2 0.1228 0.0684 -0.0889 Grid 1 Transonic

1.60 8 0.4099 0.0591 -0.1325 Grid 1 Transonic

1.60 16 0.8123 0.0428 -0.1684 Grid 1 Transonic

1.60 24 1.2215 0.0331 -0.1699 Grid 1 Transonic

1.60 -4 -0.1575 0.0696 -0.0454 Grid 1 Hypersonic

1.60 2 0.1261 0.0648 -0.0885 Grid 1 Hypersonic

1.60 8 0.4152 0.0557 -0.1315 Grid 1 Hypersonic

1.60 16 0.8174 0.0398 -0.1670 Grid 1 Hypersonic

1.60 24 1.2270 0.0304 -0.1716 Grid 1 Hypersonic

Table 3: Computed CN, CA, and Cm for X-34 for Mach 1.6 using the transonic and hypersonic flow solvers.
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(a) Transonic flow solver (b) Hypersonic flow solver

Figure 6i A comparison of wing upper surface Cp contour plots for Mach 1.6, a=16 deg.
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Figure 7: A comparison of computed and measured CN for X-34 for Mach 1.25 and 1.6.
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Figure 8: A comparison of computed and measured Cm for X-34 for Mach 1.25 and 1.6.
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Mach No. c_ CN CA C,_ Grid Flow Solver

(deg.)

2.50 -4 -0.1449 0.0551 -0.0418 Grid 2

2.50 2 0.0506 0.0489 -0.0465 Grid 2

2.50 8 0.2569 0.0412 -0.0605 Grid 2

2.50 16 0.5554 0.0324 -0.0734 Grid 2

2.50 24 0.9055 0.0250 -0.0755 Grid 2

2.50 32 1.2959 0.0178 -0.0798 Grid 2

2.50 0 -0.0143 0.0514 -0.0437 Grid 3

2.50 16 0.5562 0.0324 -0.0735 Grid 3

2.50 24 0.9058 0.0249 -0.0753 Grid 3

2.50 32 1.2964 0.0177 -0.0789 Grid 3

Table 4:

Hypersomc

Hypersomc

Hypersomc

Hypersonic

Hypersomc

Hypersomc

Hypersonic

Hypersonic

Hypersonic

Hypersonic

Computed CN, CA, and C,n for X-34 for Mach 4.0, 4.63, and 6.0

Mach 2.5

The computations for Mach 2.5 were done using two separate grids to determine the effect of grid refinement

on the results. The first set of computations was done using a grid designated as grid 2. This grid has a

grid spacing of 0.063 in. over the wing upper surface. The next set of computations was done using a grid

designated grid 3. This grid has the spacing over the wing reduced to 0.033 in. The spacing in other regions

of tile grid were unaltered. The wing upper surface Cp contours obtained from solutions using grids 2 and

3 for a = 16 deg. are shown in Fig. 9. It may be noticed from these plots that they are very similar. The
aerodynamic coefficients obtained from solutions using grids 2 and 3 are shown in Table 4. An examination

of this table reveals that the results obtained using the two grids are essentially the same. The maximum

difference in the value of CN is 0.0008 at 16 deg. angle of attack and tile maximum difference in the values

of Cm is 0.0009 at 32 deg. angle of attack.

The results of computations for Mach 2.5 listed in Table 4 are also shown plotted in Figures 10 and 11.

It may be noted that for Mach 2.5, the computed CN values for the two grids (grid 2 and grid 3) lie on
top of each the other. The windttmnel tests at Mach 2:5 _Tere conndlucted in the NASA Langley Unitary

Plan Wind Tunnel in two test secti0ns, namely TS1 and TS2. Although the results fr_om tests in TS2 are
considered to be more reliable than those from tests in TS1, the CN values from the two tests are plotted in

Figure 10. It may be noted that the CN values obtained in the two test sections are indistinguishable from
each other. Further, theco-mputed CN _-alues for Mach 2.5 compare well with the experimental data.

The computed Cm values are plotted in Figure 11 along with the experimental data. It may be noticed
from this figure that the computed C,,_ values for the two grids lie on top of each other. This confirms that the

initial grid (grid 2) was adequate for Mach 2.5 computations. The experimental data forthe two test sections

depart fi'om each other beyond 10 deg. angle of attack. The computed walues agree with the experimental

data up to l0 deg. angle of attack; beyond this, the computed values fall below the experimental data.
These differences are attributed to viscous effects.
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(a) Grid 2 (b) Grid 3

Figure 9: A comparison of Cv contour plots on the wing upper surface for Mach 2.5, a=16 deg.
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Figure 10: A comparison of computed and measured CN for X-34 for MacIi 2.5.
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Maeh No. a CN CA Cm Grid Flow Solver

(deg.)

4.00 -4 -0.1239 0.0458 -0.0399 Grid

4.00 2 0.0062 0.0389 -0:0305 Grid

4.00 8 0.1499 0.0324 -0.0279 Grid

4.00 16 0.4025 0.0243 -0.0286 Grid

4.00 24 0.7241 0.0193 -0.0342 Grid

4.00 32 1.1006 0.0144 -0.0435 Grid

4.63 -4 -0.1181 0.0449 -0.0374 Grid

4.63 -4 -0.1183 0.0448 -0.0371 Grid

4.63 2 0.0036 0.0374 -0.0278 Grid

4.63 8 0.1281 0.0305 -0.0230 Grid

4.63 16 0.3706 0.0224 -0.0221 Grid

4.63 24 0.6857 0.0175 -0.0273 Grid

4.63 32 1.0626 0.0130 -0.0361 Grid

6.00 -4 -0.1094 0.0444 -0.0322 Grid

6.00 2 -0.0173 0.0358 -0.0243 Grid

6.00 8 0.0989 0.0278 -0.0183 Grid

6.00 16 0.3261 0.0194 -0.0143 Grid

6.00 24 0.6369 0.0145 -0.0187 Grid

6.00 32 1.0134 0.0113 -0.0262 Grid

2 Hypersomc

2 Hypersonic

2 Hypersomc

2 Hypersomc

2 Hypersonic

2 Hypersomc

4 Hypersomc

2 Hypersomc

2 Hypersomc

2 Hypersomc

2 Hypersomc

2 Hypersomc

2 Hypersomc

2 Hypersomc

2 Hypersonic

2 Hypersonic

2 Hypersonic

2 Hypersonic

2 Hypersonic

Table 5: Computed CN, CA, and C,,, for X-34 for Mach 4.0, 4.63, and 6.0

Mach 4.0, 4.63, and 6.0

The results of computations for Mach 4.0, 4.63, and 6.0 are listed in Table 5, and are shown plotted in

Figures 12 and 13. For these Mach numbers the computed CN values compare well With the experimental

data, except for Mach 4.0 at 24 and 32 degrees angles of attack, where the computed values are slightly

smaller than the experimental data. It is suspected that these differences are effects of flow separation on

the wing upper surface. The computed Cm values and the experimental data for Mach 4.0, 4.63, and 6.0
are shown plotted in Fig.13. The comparison in this case is much better than for Mach 1.25 and 1.6. For

Mach 4.0 and 4.63 the agreement between the computed values and experimental values of Cm are good
up to an angle of attack of 8 deg. Beyond this angle of attack the computed values are lower than the

experimental values, and the differences increase as the angle of attack is increased. For Mach 6.0, there are

small differences (0.0030 to 0.0035) up-to an angle of attack of 16 deg., with the computed values consistently

below the measured values. Beyond this angle of attack, the differences increase. The differences in the Cm

values at higher angles of attack are attributed to the effects of flow separation on the wing upper surface.

Separation over the wing upper surface (near the trailing edge) results in positive pressures over parts of the

elevons, and because of the distance between the elevons and the pitching moment reference point, leads to
nose-up pitching moment.
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Conclusions

The results of a computational study conducted on the Orbital Sciences X-34 vehicle to compute the inviscid

longitudinal aerodynamic characteristics are presented. The computational results for a Mach number range

of 1.25 to 6.0 are compared with available aerodynamic data from wind tunnel tests on the X-34 scale models.

The comparison showed that inviscid FELISA software yields normal force coefficients that compare well with

wind tunnel data over the entire Mach number and angle of attack ranges (-4-32 degrees). The computed
pitching moment coefficients compared well at Mach numbers 2.5 and above, at angles of attack of up to

12 deg.; beyond this angle of attack, the agreement was not good. At these Mach numbers, the differences

between the present (inviscid) computational results and the wind tunnel data are attributed to a large

extent to the viscous effects which lead to flow separation, particularly over the wing upper surface at large

angles of attack. At lower Mach numbers (1.25 and 1.6) there were significant differences between computed
and measured pitching moment coefficient values. These differences are also attributed to viscous effects.

At these Mach numbers, the absence of boundary layer on the wing upper surface leads to differences in the

shock locations which in turn result in differences in the computed and measured aerodynamic data.
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